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Hypersonic Inlet Boundary-Layer Research
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Recent results of a combined analytical and experimental hypersonic inlet boundary-laver
research program are reviewed. New turbulent boundary-layer data with heat transfer are

presented for a representative compression surface in the Mach number range of 5-8. Sur-
face cooling is shown to have favorable effects on boundarvy-layer characteristies. T'he ex~
perimental data, with and without cooling, are correlated with a theory developed in this
program. The theory has been applied to typical inlets to determine effects of heat transfer
and centrifugal forces on basic boundary-layer characteristics as well as on over-all inlet pres-
sure recovery. Both phenomena are favorable, resulting in improved inlet pressure recovery.
Centrifugal force effects are more pronounced in low fineness ratio inlets whereas heat trans-
fer effects tend to predominate in high fineness ratio inlets, wherein the supersonic com-

pressive turning is more gradual.
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PP = pressure
¢ = dynamic pressure
7 = temperature
R, = Reynolds number
w = velocity component along z
w = inviscid velocity component along r
v = velocity component along y
z = distance along surface of body
y = distance normal to body surface
v = ratio of specific heats
5 = boundary-layer thickness
8.* = displacement thickness,f <1 . pu )dynes
0 Pelle
8.% = displacement thickness, fﬁ (Lm — -Lu> dynes
0 \pi P, 1y,
. = momentum thickness,‘f5 pu (1 — ﬁ) dynes
0 peu, Ue
0, = momentum thi(tkneﬁss,j‘(S SLL (L —Nl> dynes
0 prylhiy, \H1, Ui,
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o = densily
. 5 H* u

¢ = euergythlckneﬁs,] - - p——dyne.\‘

0 H.* /) peou,
Subscripts
¢ = condition at the edge of boundary laver
o = freestream
i = stagnation conditions
w = conditions based on wall values
i = inviscid flow
¢+ = initial value

Introduction

NE of the major problems associated with design of

hypersonic airbreathing propulsion systems involves
boundary-layer development in the inlet. This boundary-
layer comprises a large portion of the inlet flow and is ex-
tremely complicated by virtue of the environment, including
strong adverse pressure gradients, heat transfer, centrifugal
forees and real gas effects. A knowledge of the houndary
layver is necessary 1) to enable appropriate design compro-
mises involving pressure recovery, drag, and weight to be
made, and 2) to permit appropriate contour corrections to be
incorporated for displacement effects in any given inlet
design.  Accordingly, the rational design of hypersonic sys-
tems requires understanding of the physical phenomena, as
well as analytical methods for predicting the houndary layver
in the complex environment of hypersonic inlets.  Previous
results of a combined experimental and analytical program
having these goals are presented in Refs. 1 and 2. The
purpose of the present paper is 1) 1o present recent experi-
mental and analytical results, and 2) to provide examples of
application of the theory developed in this program to hyper-
sonic inlet design problems.

Experimental Program
Models and Tests

Four axially symmetric models were designed and built
with reverse Prandtl-Meyer compression surfaces to provide
continuous supersonic, shock free, external compression (Fig.
1).  The compression swriaces are preceded by boundary-
layer generating cylinders that include tripping devices for
forcing transition. Hollow generating eylinders were used
mstead of pointed elosed spikes (as in hypersonic inlets) to
enable boundary lavers of various thicknesses and profiles
to be gencrated.  The generating eyvlinders can be varied in
length by a factor of about 3. Both the generating eylinders
and compression surlaces arve designed to permit air to flow
through the entire model without choking.  The four models
designed for Mach 4, 5, 6, and 8§ were sized for testing in
Arnold Engineering Development Center (AEDC) Tunnels
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A and B at Reynolds numbers comparable to full-scale mlet
values. Kach was tested at both design and off-dexign
Mach numbers to obtain the effects of variation in vate of
compresston on boundary-layer characteristics.

The Mach 8 design has provisions for wall cooling, as shown
in Fig. 2. The walls were cooled by means of pressurized air,
which wax first passed through coils in a tank of liquid nitro-
gen and then mixed with uncooled air.  Finally, the cooled
air was passed through the coolant passages of the model.
Two independent cooling passages, one forward and one alt,
were provided for the purpose ol obtaining an isothermal
wall. The need for two independent passages s dictated
by the large difference in heat transfer in the forward and aft
sections of the model.  The cooled model is larger than the
uncooled models in order to provide a wall thickness suffi-
elently large to permit heat-transfer measuwrements to be
made. A photograph of the Mach 5 design compression sur-
face with a 17-in boundary-layer generating evlinder attached
is shown installed in Tunnel A in Fig. 3. The boundary-
layer survey probes and mechanizor are also <hown i this
photograph.

The models were tested at Mach numbers of 4, 5, 6, and 8
over a range of Reynolds numbers from 0.85 X 10-6.9 X
105/1t.  Imasmuch as this program concentrated on the study
of turbulent boundary layers, it was necessary to provide
artificial transition on the boundary-laver generating ey linders
ahead ol the model compression surface.  OF the various
devices tested, meluding 1) wires normal to the surface, 2) air
injection normal to the surface, and 3) vortex generators, the
latter provided the thinnest and leaxt distorted boundary-
layer profile.  Accordingly, vortex gencrators were  used
throughout the majority of the tests,

Instrumentation

Instrumentation was provided to measwre surfuce tem-
perature and pressure in addition to total pressure, statice
pressure, and total temperature al various distances from the
surface 1in the boundary layer. Swrface temperatuwre and
pressure measurements were made at numerous streamwise
stations, with the spacing being closer at the downs=tream end

Fig. 3 Mach 5 model in AEDC Tunnel A.
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of the models because of the more rapidly varying pressures
and Mach numbers relative to the upstream end.  The mov-
able boundary-layer survey system (Fig. 4) consisted of
three probes: total pressure, total temperature, and static
pressure, mounted on a strut attached to a mechanism that
provided vertical translation as well as angular rotation in
the vertical plane. Thus, measurements could be made at
numerous points throughout the boundary layer while the
probes were essentially aligned with the surface of the model
when surveys were being made.

The measuring of total pressure and total temperature in
the boundary layer by means of the movable probe system
was reasonably straightforward. Measurement of static
pressures in the boundary layer, however, presented a real
challenge. This measurement was complicated by the
following factors: 1) the wall curvature of the models intro-
duced substantial local stream angles (up to 12°), 2) inter-
ference between the probe support shock system and the
probe boundary layer, and 3) unfavorable development of
probe boundary layer associated with high Mach number
and low Reynolds number. A substantial experimental
effort, consisting of testing numerous static pressure probe
and support configurations, was applied to this problem in
the Lockheed and AEDC tunnels.  As a result of this effort,
a satisfactory static pressure probe configuration was evolved.
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Another very challenging problem in this program involves
the measurement of heat transfer. This problem is complex
by virtue of the fact that, for models of a size appropriate
for AEDC Tunpels A and B, the cooled model wall is rela~
tively thin and the temperature drop across the wall is small
over large portions of the model, particularly the upstream
end where the heat-transfer rates are low. Accordingly,
several techniques for measuring heat transfer were carcfully
explored. The solution to this problem consisted of develop-
ing a differential thermocouple for measuring the tempera-
ture drop across the cooled wall, as contrasted to measuring
absolute temperature on both sides of the wall and caleulating
the difference. When the wall conductivity and thickness
were known, the heat transfer was calculated using Fourier’s
law. Heat-transfer bench tests and wind-tunnel tests proved
this to be a very accurate method of measuring heat transfer.

Experimental Data

Representative Mach number and static pressure distribu-
tions in the streamwise direction are shown in Fig. 5 for the
Mach 8 design at a freestream Mach number of 8. The
Mach number decreases significantly toward the downstream
end of the model because of supersonic compressive turning.

Representative integrated characteristics of the boundary
layer in terms of shape parameter and displacement thiek-
ness along the Mach 8 model at a freestream Mach number
of 8 also are presented in Fig. 5. The shape parameter is
the ratio of displacement thickness to momentum thickness.
These two thickness parameters are obtained by integration
of the boundary-layer velocity and density data. The shape
parameter and displacement thickness decrease substantially
as the boundary layer procecds downstream in the adverse
pressure gradients of the compression surface. This is, in
general, due to 1) reductions in local Mach number with dis-
tance along the compression surface, and 2) improved velocity
profiles in the lower Mach number regions.

It is of interest to determine the effects of heat transter
(cooling) on the boundary-layer characteristics in con-
tinuous adverse pressure gradients. First, however, it 1is
worthwhile to examine the over-all heat-transfer character-
isties of the cooled model with maximum cooling and adi-
abatic conditions. Representative heat-transfer rates and
wall temperature distributions for the cooled model at free-
stream Mach number of 8 are shown in Fig. 6. It is note-
worthy that an isothermal wall, in the streamwise direction,
was obtained for both the maximum cooling as well as the
adiabatic wall cases. The heat-transfer rates, although
very small on the forward regions of the model wherein the
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Mach numbers are high, increased very rapidly in the down-
stream region of the model, where the Mach numbers are
relatively low and streamwise gradients are high. This re-
sult can be explained by consideration of Stanton number
and flow-per-unit-area variations with Mach number. For
supersonic flow these parameters increase with reductions
in Mach number; and the heat-transfer coefficient, which is
proportional to these quantities, increases accordingly.

Representative effects of wall cooling on boundary-layer
displacement thickness and veloeity profile are shown in
Fig. 7 for a freestream Mach number of 8.0. It is noted
that although wall cooling produces significant favorable
effects on the boundary layer in the relatively high Mach
number forward regions of the model, the effects in the down-
stream low Mach number region are negligible.  The absence
of cooling effects is observed in both the displacement thick-
ness and velocity profiles at the downstream end of the model
(Fig. 7).

Analysis of the data indicates that this phenomenon is
largely due to centrifugal force effects associated with wall
curvature and a thicker initial boundary layer. This finding
is substantiated by the data of Fig. 8, wherein the pressure dis-
tributions normal to the model wall are shown for both the
cooled and adiabatic cases at two streamwise stations in the
flow. The higher pressure gradients normal to the wall for
the adiabatic relative to the cooled wall condition are a direct
indication of stronger centrifugal force effects in the adiabatic
case. This perhaps can be better understood when it is re-
called that the pressure gradient across the boundary layer
is approximately proportional to the ratio of boundary-layer
thickness to radius of curvature. The boundary layer hav-
ing the larger initial displacement thickness would, aceord-
ingly, be expected to have larger pressure gradients normal
to the wall and correspondingly stronger centrifugal force
effects, as observed in the adiabatic case.

1t is of interest that the phenomenon discussed previously,
involving initial differences in displacement thickness (at be-
ginning of compression surface), which vanish at the down-
stream end of the model, also has been observed on the un-
vooled models in this research program under different test
conditions than those of the cooled model. This has been
found in cases where the displacement thickness at the be-
ginning of the compression surface was larger because of 1)
increases In freestream Mach number and 2) reductions in
Reynolds number.  In both of these cases, the differences in
displacement thickness vanished by the time the flow reached
the downstream end of the model, as shown in Fig. 9, in a
manner similar to the behavior observed on the heat-transfer
model.  As in the cooled model tests, this finding has been
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related to cenfrifugal foree cffects, as indicated by larger
measured pressure gradients normal to the wall for the case
of larger initial displacement thicknesses. Accordingly, it
appears that in the freestream Mach number range of 4-8,
for compression surfaces having curvatures of the magnitude
of the models of this program, centrifugal force effects tend
to predominate over cooling, Mach number, and Reynolds
number for the range of variables in the present program.
Although some exceptions to this might be found, it is clear
that this powerful favorable phenomenon must be carefully
considered in hypersonic inlet desien and used to advantage
where possible.

Theory

Two theoretical approaches have been developed in con-
nection with this program. These are 1) the discontinuity/
analogy and 2) the classical methods. The discontinuity/
analogy method, deseribed in Ref. 1, has been generalized
in this paper to include pressure gradients normal to the
wall. The method ix deseribed briefly below. The net
distortion of the boundary layer in a continuous adverse
pressure gradient is assumed to result from a combination
of two simultancous component actions at any streamwise
station in the flow; one tends to distort the boundary
layer and the other tends to restore it to a more uniform
velocity profile.  These two component actions are referred
to as the distortion component and the restoring component,
respectively.  The method is illustrated qualitatively in
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Fig. 10. In a continuous supersonic compression, the Mach
number distribution is approximated by a series of steps.
The discontinuities in Mach number give rise to discon-
tinuities in shape parameter, representing the distortion com-
ponent. The constant Mach number elements between dis-
confinuities give rise to a relaxation (reduction) in shape
parameter representing the restoring component. The basic
conservation laws are applied in calculating both the distor-
tion and restoring components. A more detailed deseription
of the method is presented in the Appendix of this paper.

In the classical method, the boundary-layer characteristics
are caleulated utilizing a system of equations based on the
conservation laws. These equations are solved simul-
tancously in conjunetion with appropriate skin-riction, heat-
transfer, and turbulent stress correlations. Results to date
indicate good agrecment between the two theories.

Correlation of Theory and Experiment

A correlation between the discontinuity/analogy theory
and experimental data obtained in AEDC Wind Tunnels
A and B has been made. In Figs. 11-14, representative
results are shown in terms of shape parameter and displace-
ment thickness for the Mach 8 model with and without heat
transfer, at freestream Mach numbers of 6 and 8. As indi-
cated in these figures, the theoretical results are generally in
good agreement with the experimental data.

In the correlations just discussed, the attempt was made
to match shape parameter and displacement thickness at
the beginning of the compression surface. In addition, the
boundary conditions at both the wall and the edge of the
boundary layer were satisfied, namely, 1) the theoretical and
experimental temperatures were matched at the wall and
edge of the boundary layer, 2) the stagnation temperature
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gradient at the edge was assumed zero, and 3) the velocity
was assumed zero at the wall and the local freestream value
at the cdge. In attempting to match theoretical and ex-
perimental values of displacement thickness, theoretical
temperature distributions through the boundary layer, as
previously suggested, did not permit an appropriate match
to be accomplished. Accordingly, it was necessary to de-
velop a new total temperature profile in the present correla-
tion. The profile adopted is written

T’,/’[‘,AD = Tw/Tlo + [d + 2<1 - Tw//Tlu) ]7_//6 +
(—2d = (Tw/T — D1/ + d(y/8)*

The results, when applied in conjunction with a power law
veloeity profile, generally enabled a simultaneous matching
of theoretical and experimental values of shape parameter, dis-
placement thickness, velocity distribution, and stagnation
temperature distribution through the boundary layer.

In some cases, however, it was found that although match-
ing of theoretical and experimental values of shape parameter
and displacement thickness could be achieved, utilizing the
foregoing assumptions, theorctical and experimental tem-
perature, and velocity profiles would not always matech. An
example of this problem is illustrated in Fig. 15 wherein the
theoretical and experimental distributions of temperature
and velocity are presented. These distributions correspond
to the condition of matched theoretical and experimental
values of shape parameter and displacement thickness. As
indicated in the left-hand side of Fig. 15, it was necessary in
some cases to distort the temperature profile in order to
achieve matching values of shape parameter and displace-
ment thickness. This is believed to be a result of an in-
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adequacy of the assumed power law velocity profile to describe
the boundary layer in all cases. It is evident, for example,
that, although the power law profile deseribes the major
portion of the boundary layer in the left-hand part of Fig. 15,
it fails to deseribe the profile with sufficient accuracy in the
fower portion of the layer.

In other cases, the simultancous matehing of theoretical
values of shape parameter, displacement thickness, tempera-
ture distribution, and velocity distribuiion was excellent as
shown at the right-hand side of Fig. 15. In any event, it
would be desirable to conduet additional analytical studies
in an attempt to enable better matching of the various
boundary-layer properties discussed previously.  These stud-
ies would involve determination of 1mproved theorctical rep-
resentations of both stagnation temperature and velocity
profiles through the boundary layer.

Applications

The objective of the present program is development of
analytical methods for predicting boundary layers in the
complex environment of hypersonic inlets.  Accordingly, 1t
is believed of interest 1o discuss briefly some examples illus-
trating applications of methods developed to date.

The inlets of these examples consist of a family of external
compression inlets and one mixed compression inlet as shown
in Fig. 16. The supersonic diffuser fincness ratio covers
the range of approximately 1.5-5.0. Supersonic diffuser
fineness ratio is defined as length of the external compression
surface divided by inlet entrance diameter for external com-
pression inlets.  Fineness ratio of the mixed compression in-
let is defined as length of the spike (up to the throat) plus

wy Vi
i o e ;
= 1.0
W 23§
5
z &
% 4 i e i -
I ; 1
3 2 . ‘ F— i -
o 0 L | R
0 .2 4 & B 1.6

. . ! [ ""’*' ol w"
2 STRY S W cicic o Gl O
) S i
2 4 - -
2 %’
. - 4 —~+—+ e
9] i
g ) [ |
g o L

1.0 0 .2 “ 6 € 1.0

DISTANCE RATIO, y/i
Fig. 15 Theoretical and experimental temperature and
velocity distributions, H and §* matched.

HYPERSONIC INLET BOUNDARY-LAYER RESEARCII 553

e

Fig. 16  Mach 8 inlets studied.

length of the cowl to the same station, divided by iulet
entrance diameter,

The estimated dixtribution of shock-wave and boundary-
layer losses is shown in Fig. 17 for a flight Mach number of
8.0 for the range of inlet fineness ratios studied.  As would
be expected, shock losses are much higher for low fineness
ratio inlets relative to high fineness ratio inlets.  Conversely,
boundary-layer lossex are much lower for low fineness ratio
inlets relative to high fineness ratio inlets.  Boundary-layer
losses are presented with and without wall cooling and
centrifugal force effects. The inlet surfaces were assumed
to be cooled to 2000°1°. Combined cooling and centrifueal
force: phenomena introduce major improvement= in inlet
pressure recovery, as indicated in Fig, 17, Centvifugal loree
effects are more pronounced in low fineness ratio inlets,
whereas heat-transfer effects tend to predominate in high
{ineness ratio inlets.

[t ix noteworthy that the estimated net inlet pressure re-
covery, with heat-transfer and centrifugal force effects ac-
counted for, maximizes at an inlet fineness ratio of approxi-
mately 3. When weight ix considered in addition to pressure
recovery, it would appear that an inlet in the fineness ratio
range of 2 to 3 would represent a reasonable compromise.

Conclusior

I the experimental avea ol this program, one of the major
problems  involved measurement ol heat  transfer.  This
problem was encountered as a result of relatively thin model
walls, imposed by seale Hmitations, combined with a small
temperature drop across the wall. The solution consisted
ol developing a differential thermocouple for measuring the
temperature drop directly, as contrasted with measuring
absolute temperatures on both sides of the wall.  Bench
tests and wind-tunnel tests proved this to be a very accurate
method of measuring heat transfer.

[t was found from the experimental data in this prograny
for the range of variables tested; that centrifugal force effects
associated with wall curvature tend to predominate over
cooling, Mach number, and Reynolds number effects. This
powerlul  phenomenon should be  carefully  considered i
hypersonie inlet desien and used to advantage wherever
possible,
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A theory developed as part of this research effort was cor-
related with experimental data and agreement was generally
good for both adiabatic and cooled wall conditions. Analysis
indicated, however, that additional studies are desirable to
obtain improved theoretical representations of both stagna-
tion temperature and velocity profiles through the boundary
layer.

Appendix: General Discontinuity/Analogy
Procedure with Pressure Gradient Normal
to the Wall

A general discontinuity/analogy procedure for treating a
turbulent boundary layer with pressure gradient normal to
the wall is deseribed in this section. As discussed in the
text, the method is comprised of two simultaneous com-
ponent actions at any streamwise station in the flow, one
tending to distort the boundary layer and the other tending
to restore it to a more uniform flow. The detailed equa-
tions for the restoring and distortion components are pre-
sented below.

Restoring Component

At the initial station wx;, the boundary-layer thickness o,
displacement thickness §:*, and form factor /7; are to be given,
as well as a bivariant table of P(z, i) and the values of total
temperature T, wall temperature 7., total pressure P.,, and
loeal Mach number M. (x).

The following boundary-layer profiles are used:

Velocity profile

w/ue = (y/o)m (A1)
Density profile
p/pe = (T/T)(P/P.) (A2)

Temperature profile

_T_ — hlj-{—[l _ gUef]He*ﬁ +

T, he H* | he w

CU: Ul VHX [u\
[ﬁ? - ”2}1}] he (17) (43)

The following integral parameters arc defined:

3§
o = [0 = pu/paudy (A4)
)
6= [ (u/pai) (1 = w/u)dy (A5)
q =548 (AB)

Then the profile parameters m and CU.2/H.* are found
such that the given initial values of §;, 6;*, and H; are satis-
fied. The initial energy thickness ¢; is computed as follows:

5 pu H*
¢ = fo peug<1 - ]7}) dy (AT)

The effective Reynolds numbers Reerr; and Rees,,,, dis-
taneces etr; and Tet; and power law exponent m.4; are found

as previously (see Ref. 1). The skin friction is computed
using Sivells and Payne correlation,?

_ 0.088(logR." — 2.3686)p'/p.
i— G+ T (logR,’ — 1.5)3

(AB)

J. AIRCRAFT

where
R’ = (R + Rey,)/2

and prime indicates conditions evaluated at the reference
temperature.?
Now, from the momentum and energy equations,

B = 0+ 3C,  AX: — (1) (A9)

cUu2y |
G = ¢ - %C/i——-(iw*—l) {1 - % [(,ﬁ_> +

gUaj Ar, G4+,
(He* )i+1:|} Pris (A10)

The parameters 8,11 and (CU.2/H.*) .11 are found by satisfy-
ing Eqs. (A5, A7, A9, and A10).

Distortion Component

In the distortion (discontinuity) component, the values
Mist, 0sp1, [CUB/ H*]i41, 0i11, and ¢,y are known at x:4; Just
upstream of the discontinuity. The parameters mi.. 8o
and [CU.2/H *]¢19 are then found such that the following
conservation equations are satisfied:

Energy equation across discontinuity

(PeUe¢’)z'+1 = (pUcp)iye (Al11)

Momentum equation across discontinuity

2 Oivy Jeips <5j>
<(2‘> _ Bis1 Pei+1 0 /i
i-+2

0 ) ol (7)) T
6 Po, 8 /i

L))
P, 0 /in 8/t | (Al12)

P.., l

) 7 |

i

|

|

il
i | Pis bis
P Cit1 P i1 Gepa

Considering continuity across a discontinuity,

_ (pette) i 5, [1 - (5*/5)2-4,1]
(peue)i+2 . 1 - (6*/6)H—2

When these equations are satisfied, the conditions down-
stream of the discontinuity are known. The procedure for
the next restoring component, following the discontinuity,
is repeated. In the complete solution, comprised of a series
of discontinuity and restoring components, the procedures
outlined previously are repeated until the end of the com-
pression surface is reached. It has been found that 40-60
increments are sufficient for a typical hypersonic inlet.

(A13)

Bito
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